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RESEARCH MEMORANDUM

AN ENGINEFRING METHOD FOR THE DETERMINATION
OF AEROELASTIC EFFECTS UPON THE ROLLING EFFECTIVENESS OF
ATLERONS ON SWEPT WINGS

By H. Kurt Strass and Emily W. Stephens
SUMMARY

A method is presented for calculating the steady-state rolling
effectiveness of flexible sweptback wings at subsonic and supersonic
speeds. The present method was derived by reducing the problem to its
simplest terms. The result is a procedure which possibly is as simple
as can be devised, and which, based on comparisons with experiment,
apparently 1s stlill capsble of providing estimates of the changes in
aileron rolling effectiveness for a wide range of wing-aileron configu-
rations within the experimental accuracy.

As an aid to rapid calculation, the results of this investigation
are presented in nondimensional form and have been calculated for a wide
renge of tapered wings varying from O to 1.0 in taper ratio, for wing-
span—body-diameter ratios of 0, 0.2, and 0.4, and for allerons of any
spanwise extent and location. These calculations were made assuming that
the wings were of homogeneous construction. The direct application of
the results of this investigation to wings wherein the structural param-
eters differ markedly from s homogeneous wing should be avoided. It is
recommended in these cases that a closer spproximstion to the actual
eerodynamic end structural values be used and & particular solution,
also presented herein, be obtained.

Comparisons between the experimental and calculated values are pre-
gented for e wide range of wing-aileron configurations. An illustrative
example 1s included to facilitate calculations by this method. In addi-
tion, some experimentally determined structural constants are compared
with those calculated by approximate methods.
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INTRODUCTION

In recent years, many methods have been proposed to account for the
effects of aeroelasticity upon the lateral-control characteristics of
swept wings: Because of the complicated interaction of structural and
aerodynamic effects, the theories which have been developed are neces-~
sarily complex. Relatively simple methods for making such estimates for
unswept wings at both subsonic and supersonic speeds are avallaeble; how-
ever, a comparable method for swept wings which does not involve the use
of difficult mathematical procedures and which is relatively rapid and
reasonably accurate has not been availeble. Such a method would be of

particular importance in preliminary design.

In order to correlate the test results of the more than 370 suc-
cesgful lateral-control test models which have been flown by the Langley
Pilotless Aircraft Research Division in the course of a general investi-
gation of lateral control over a speed range which extended from approxi-
mately M = 0.6 +to as high as M = 1.8, it was necessary to account for
the effects of aseroelastlic distortion. Because of the great number and
variety of wing-control configurations, the application of a highly
refined aeroelastic theory would have been exceedingly tedious. The
purpose of this paper is to present the engineering method which was
derived and the comparison of the values calculated by this method with

experiment.

The results of this investigation for aillerons are presented in non-
dimensional form and have been calculated for a renge of tapered wings
varying from O to 1.0 in taper ratio, for wing-span—body-diameter ratios
of 0, 0.2, and O.4 and for ailerons of any spanwise extent and location.

An example problem is outlined in appendix A. In addition, some
experimentally determined structural constants are compared with those
calculated by approximate methods. This comparison is given in appendix B.

<

SYMBOLS

AR aspect ratio, b2/S

A dimensionless angle of twist resulting from the component of
the aerodynamic moment parallel to the direction of flight
caused by unit control deflection,

S22 L (gl

&)




NACA RM L53HLL: Canie

dimensionless angle of twist resulting from the component of
the aserodynamic moment parellel to the direction of flight

X 1 1 o
caused by rolling, ‘jp Jf (§> k dkjidk
kg [\t VK \C
c
dimensionless angle of twist resulting from the component of

the serodynsmlic moment parallel to the elastic axis caused
by unit control deflection,

I\ B ] s - (o))

dkpf dk

o1

k
c

dimensional angle of twist resulting from the component of
the aerodynamic moment parallel to the elastic axis caused

by rolling,
1
o - )ap - (k- i) )

Ll k

Young's modulus of elasticity, 1b/sq in.

kP dkp| dk

Q10
oo

shear modulus of elasticity, Ib/sq in.

moment of inertia of airfoll cross section sbout chord
plane, in. M

torsional stiffness constant of airfoil cross section in
plane parasllel to the direction of flight, in.LL

proportionelity constants

rolling moment (positive clockwise, as seen from the rear),
in-1b

accumilated bending moment in a plane perpendicular to the
elagtic axis (positive when bending wing in clockwise direc-
tion, as seen from rear), in-1b

Mach number

distributed loed, 1b/in.
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wing area, sq in. ,

accumilated twisting moment parallel to the direction of
flight (positive when ternding to twist wings in a direction
to create positive change in section angle of attack), in-1b

veloecity, ft/sec

wing span, in.

mean wing chord, §/b, in.

wing chord, in.

distance of center of pressure of load due to angle of attack
from elastic axis (positive forwsrd), fraction of chord

distance of center of pressure of load due to control deflec-
tlon from elastic axis (positive forwerd), fraction of chord

distance of elastic axis from leading edge, fraction of chord

distance to any point on the elastic axis, measured from fuse-

lage center line, fraction of semispan, —§—
b/2

1lift per unit length, 1b/in.

rate of roll (positive when rolling in a clockwise direction,
as seen from rear), radians/sec

dynamic pressure, 1b/sq in.
maximm airfoil thickness, in.

wing tip helix angle due to unit aileron deflection (rolling
effectiveness parameter), radians

nonscalar torsional stiffness parameter, in.%/ib
control-surface deflection, measured in a plane parallel to
the direction of flight, positive when producing a clockwise

rolling moment as seen from the rear, radians

taper ratio, ratio of tip chord to chord at fuselage center
line

slope of deflection curve, radians

‘6.. ' =t
PR e
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8 twist of wing about elasstic axis, radians
U] fraction of rigid wing rolling effectiveness retained by
flexible wing
y
a section angle-of-attack change due to aeroelastic deforma-

tion (positive when in direction to create positive rolling
moment), radians

Ae sweep of elastic axis, deg
Qg section control effectiveness parameter, effective change in
wing angle of attack caused by unit change in control-surface
deflection
cza . section 1lift-curve slope, per radian
th wing lift-curve slope, per radian
oCy
%
oC
] =-_Z_
b
3 22
2v
Cy rolling-moment coefficient, I./qSb, positive clockwise when

viewed from rear

(Cl)f additional rolling-moment coefficient resulting from wing
flexibility

Subscripts:

A,B,C,D particular types of aerodynamic loeding resulting from
structural deformation

M signifies that value is for a bending moment parsllel to the
elastic axis

P load

R wing root, intersectlion of elastic axis and fuselage

T signifies that value 1s for twisting moment parallel to the

direction of flight

F

-




6 % cormmri® NACA RM L53H1:

a ailleron

hig flexible wing

r rigid wing )
a angle of attack

5] control deflection

i inboard

o] outboard

P roll

1,2 arbitrary reference points

Prime marks denote that the reference plane is either normal to or
parallel to the elastic axis rather than normal to or parallel to the
direction of flight.

DEVELOPMENT OF EQUATIONS FOR THE DETERMINATION OF AEROELASTIC
EFFECTS UPON THE ROLLING EFFECTIVENESS

OF ATLFRONS ON SWEPT WINGS

In a steady roll, the resultant rolling moment acting on a wing is
zero. In coefficient form this can be expressed as follows for a flexible

wing:
pb
5Cqs + () C +(c) =0 1
3 (2v>fZP Yr (@)
rewriting equation (1) gives

pb 5Cy;5 - (cl)f )
2V>f C1p

—
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The fraction of control effectiveness lost by the wing is

(pb/2V), B -(Cz)f

(-0)=1- (po/2v),  ©Cy

(3)

For the purposes of this derivation, the following assumptions and
definitions are used:

(1) The angles of twist parallel to the direction of flight resulting
from the application of aerodynemic forces can be calculated by the use
of the elementary theories of torsion and bending when correction is made
for the effects of root restraint by a simple empirical method. 'This
method assumes that the wing has an elastic axis and all the aerodynamic
forces can be separated into loads which act on the elastic axis and
couples which act about the elastic axis.

(2) The changes in rolling effectiveness due to aeroelastic effects
are small in comparison with the rigid-~wing values. The loads created
by aseroelastic deformations are small in comparison with the loads created
by rolling and aileron deflection.

(3) The control deflection is constant and is independent of aero-
elastic effects.

(+)- The chord of the wing varies linearly with the span.
(5) There is no yaw or sideslip.
(6) Within the framework of these assumptions, & schematic descrip-

tion of the spanwise variation of the aerodynamic loads for a typical
wing with the control deflected is as follows:

- 1 .
TLoad due to roll
ky ———> /
—
! Load due to

%1 KR . ,q deformation
\ \

P

~ -

//*
//; J \
g | - \
\ ) Load due to control
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where k = —>—. All the aeroelastic phenomena result from the applica-
b/2

tion of these loads.

(7) The 1ift due to either control deflection or a change in angle
of attack acts at the chordwise center of pressure. This asgumption is
equivalent to assuming that the wing sections are infinitely rigid and
cannot distort (camber) under the distributed chordwise air loads.

(8) The incremental 1ift due to control deflection acts independently
of the 1ift because of a change in angle of attack. The wing deformations
regulting from these loads can be superimposed upon each other.

(9) The incremental loads at any station due to elastic deformation
are dependent solely on the angle of attack at that gtation.

Structural Analysis

Within the limitations imposed by the first assumption, the angle
of attack at any point along the span of a sweptback wing resulting from
loads which act on the elastic axis and couples which act about the elastic
axis can be derived as follows:

Angle of attack resulting from wing bending.- From elementary theory,
the change in slope between eny two points kl' and ke‘ on a wing (see

fig. 1) due to the previously mentioned loading is

\

2 1T
ky' k' B (%)

A%]ke b' E2 M ak

M=Mp' + Mp' J

where

b2 [T
M = P(kp' - k')akp' + T
K

(Eomxzmﬁ
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thus
ko! ko' 5 1
= .E_,_ 1 D! 1 v 1 ' . ,
Aﬂ.kl'—e f ' E'T T/,P(kP k)dkp + T'dk (5)
where
kp! kp g
A8 = Amy
k' ky 8in Aq
k' = ._}.{_,._. = X _ =
b'/2 b/f2

H
I
H
Q
o
L]
g

E' =R

bt = D
cos Ae

P' =P cos A

T' =T sin A,

Substituting these values into equation (5) glves

sin A, pko ]_‘b2 1
cosaAe k; EI|L cos Ag

1
f P(p - K)dkp + T 6in Agfax  (6)
X

=

Angle of attack resulting from wing twisting about the elastic axis.-
From elementary theory, the change in the angle of twist about the elastic
axis between any two points k;' and ko' on a wing due to the previously

. mentioned loading is
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kp! ; ' dk*
A%} b kg cos ANg

-2 )
kll 2 kl' G!Jl (7

where

2 ko' _ ko 1
kll - mTCOSAe 1 cos g

G'=G

JI

J cos Ae

Substituting these values into equation (7) gives

mTcosAJ f e ®)

For the purpose of this paper it is desirable to express the changes
in angle of attack due to aeroelastic deformation as angular changes due
to loads on the elastic axis and to twisting couples acting sbout an axis
perpendicular to the direction of flight. Rewriting equation (6) as

kae_ k2+ kp
ky mpkl mTSinAekl

gives

ko 3 sin
top| = fowy - Mpeinpg = 5 Aef [ p - ky)dkplak  (9)
ky cos Ae kg kl

g commiig

AU RINL S,
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Similarly from equations (6) and (8)

kp 2 :‘kz
aa?.kl - AaTsinAe k) AﬂTcosAe -

so that

kp bsmAefkeTsmAedk+j‘k2Tdk
g N1 - T G
1 cos e VK] ky

which can be written as

k2 b/‘kﬁ 2, GJ\T dk
AzT:\kl—g e <1+tanAe-E-I- = (10)

In order that the foregoing beam theory give accurate results for
swept wings it 1s necessary to teke into account the effect of the tri-
angular root portion. One way to do this is by making use of the
so-called "effective root" concept (see ref. 1, for example). If the
effective root is located at k = kg + Ak then the resulting expressions

for the angle of attack at any point along the gpan due to the applied
forces are

=P.§.SinAefk .y lPk-kd.k d.k' (11)
Ky 8 cosaAe kR+Ak EI [2;- ( F ) F

k
=D con2n. H\T dk
o E“[kR+Ak<l e ﬁ) G )
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Aeroelastic Analysis

As a consequence of assumption 2 it is assumed that the distortions
caused by the loads resulting from the distortions themselves are negli-
gible. The only distortions consifered are those caused by the aileron
loads and the loads due to rolling. These distortions are denoted as
follows:

ap the change in angle of attack caused by the torque resulting
from aileron deflection

ap the change in angle of attack caused by the torque resulting
from rolling

ag the change in angle of attack caused by the load on the elastic

axis resulting from aileron deflection

ap the change in angle of attack caused by the load on the elastic
axis resulting from rolling

The rolling-moment coefficients resulting from these distortions are
denoted in a similar manner, CZA’ CZB, CZC’ and CZD.

Rolling-moment coefficients resulting from the elastic deformations
caused by the aerodynamic twisting moments parallel to the direction of

flight. -

Effect of aileron deflection - see Tigure 2: At any point k the
section twisting moment due to unit positive aileron deflection is

s dp

010
o

where the 1ift per unit length, due to unit control deflection, is
W’® 2

Therefore, the general expression for the twisting moment is

T, = q_g-Eaijpko anBCLI(C)Edk (1%)

X c

E/—:E"‘—“_ "”“g
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Specifically:

Region 1 (inboard of aileron)

) o] 2
T E Lj dzaﬁcza(%) ax (15a)

Region 2 (in way of aileron)

Ty = a3 2 f de%cza( )2 (150)

Region 3 (outboard of aileron)

Ta = 0 (15¢)

Substituting T into eqpation.(lQ) gives the angle of attack at any

point on a sweptback wing due to the twisting moment created by the
alleron deflection.

2, &
b262 k 1 + tan Ae BT

2

where

J[& = J[kg (in region 1)

ky

= | (in region 2)
k

fl o (in rigion 3)
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The rolling-moment coefficient due to the spanwise distribution of apy
is

k dk

o0

3
2q =— ¢ J[‘ c
Ly, b kR+AkaTA o
Cip = b = pres (17)

Substituting for in equation (17) and simplifying gives
UTp

k 1+ taner QI )
g2 c ET c
cy =q_f e, Sk f f c (—_—)dkdk dk
A 8 Jy la 3 - o7 dp%s M

(18)

Effect of rolling: At any point k the section twisting moment
due to roll is

ip 4y

010
0

where the 1ift per unit length resulting from the roll caused by unit
alleron deflection is

-~ 3q & b
I, = -cq = cl K = (19)

(the negative sign indicates that the 1ift due to roll is opposite to
the 1ift due to control deflection).

1
_2 pb 2
Tg = -q% s %j}; dlcza(g) k dk (20)
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and in a manner similar to that used previously, the angle of twist at
any point on a sweptback wing due to the twisting moment created by

rolling is
GJ
2_2 1+ ten®Ag =\| Pl o
aB:-q_bCP_ka EL f deq () k akjax  (21)
L oy Kg+Ak GJ k L\
and the rolling-moment coefficient is
1
2
S pbf c
C = e ——— c :‘k
7'B q82V kR.l.Akla'C
Xk 1+ tangAe %% 1 2
f f dpe, (%)kdkdk dk (22)
KAk GJ k e

Rolling-moment coefficients resulting from the elastic deformstions
caused by the aerodynamic loads on the elastic axis.-

Effect of alleron deflection: The load P Ffor a unit aileron
deflection is

P=0 (k< x1)
P=1l = qczaaa(%)é (e <x< ko)
P =0 (x> x)

Substituting for P into equation (11) gives the angle of attack
at any point k caused by the loads resulting from the aileron deflec-
tion. The angle of attack anywhere on a sweptback wing due to the loads
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e it et

on the elastic axis created by a positive aileron deflection is obteined
by substituting the expression for Mb into equation (11).

o *
_ bcsinAej\k lf o f
ag = -q == "% = c; = kp dkp - k ey 2 kp dkpldk
8 Lon3 e BT aﬁla,EP P aszacP

The rolling-moment coefficient resulting from the wing bending caused by
the aileron is

S%c\PSinAefJL fk ¥
Cip = ~Q 2o s e £ x S ey, &k, dkp -
¢ 16 cosdrg ik %€ |igraw ETY O W PP
k | apey Sip dk| dk (24)
@ e

Effect of rolling: For the rolling case, the load P 1is equivalent
to the 1ift per unit length of span on the elastic axis resulting from the
rolling due to unit aileron deflection.

(el¥{e]
¢
g
|

P=1p= -chm

The angle of attack anywhere on the sweptback wing is

1 1
bJe 810 Ag pb 1 c c
=15 oot v T, Cla R -k | og 2 kp dip)d
coshg kgp+Ak k c k ¢

(25)

and the rolling-moment coefficlient resulting from the wing bending caused
by rolling is
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2pr 8in 1
Cip = o By g Aefl %%kf —l_fcla%szdkP‘
D 16 cosdng Vigrak ¢ ¢ ok BT \Yk ¢
1
kf cy € kp dkpldk|dk (26)
k e

Rolling-moment coefficient due to unit control deflection.-

&
|
g
5
oo
=
=

k dk (27)

oo

Loge in rolling effectiveness due to aeroelasticity.- From
equation (3)

l"q)"acza (6 = 1)
where
(Cz)f = CzA + C'LB + Clc + CI'D
L= - lZéq, (18)) + (eq. (22)) + (eq. (24)) + (eq. (26)}] (28)

(eq. (27))

Appreciable simplification of equation (28) can be accomplished if
certain additional qualifying assumptions can be made.
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These assumptions are:

(10) The wing acts structurally as if it were of homogeneous con-
struction and constant thickness ratio; that is, the structural param-
eters EI and GJ vary as the fourth power of the wing chord.

(11) The 1ift-curve slope is constant along the wing span and is
equal to the value for the wing taken as a whole (cla = CLu)'

(12) The ratio of the aileron chord to wing chord is constant along
the wing span (o =assumed constant).

(13) The distances d; and dp are constant.

According to the work done by Zender and Brooks and published in
reference 1, a good approximation to the effective root for an homoge-~
neous wing should be considered to be a point located on the elastic
axis where a line drawn perpendicular to the elastic axis passes through
the intersection of the wing trailing edge and the fuselage wall (see
£ig. 1). The spanwise location of this point can be expressed as

&=A—Eai:—7s-{@-e)coijesm@ﬁ-kf{(l—7\ﬂ} (29)

Reference 2 (page 171) gives the following expression (altered to conform
to the symbols used in the present derivation) for the torsional constant
for homogeneous sectlons similar to airfoils

Je ot (30)

1+16—I-
ac

where

a = cross-gsection area
. B A ¥

I= Kict = Kic (c

a8 = Ky(tc)
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ac2 K'th3 Ko\C
T =4I 1K =
1+ 16 —l(-t-)
Kg c
For NACA 65A0XX airfoil sections
K, = 0.0377
Ky = 0.651
If
t
r —>0
then
J—UT (31)

The error involved in this approximation is small for thin wings. By

the use of the simplifying factors equation (16) can be rewritten in the
following form:

2 k *
vl e ) o e o=

Let the integral expression

ok -

©'
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then equation (32) can be simplified and rewritten in nondimensionsal
form as

Ty
and
1
Cqy = qde;scla AR & (1+tan2Ae§IJ> fkRAg-kdk-
kp+Ak
fR+ -E—kdk+f M £k dk (%6)
(] kR+Ak (]

kR
The work necessary to evaluate equation (36) can be shortened

appreciably by approximating the effect of the root restraint.

A typical variation of the function A with the spanwise coordi-
nate k 1is presented in the following sketch

s

[‘j:j.’ h *
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for which
LSRN 1
ASkadk+ M & k dk = area of shaded portion
kg ¢ kgt  ©
1
~ M € x dk )
' L G (37
2
Now
c 2
== 1-X%k(Q -2
c 1+ X[: t]

Substituting for c¢/¢ in equation (32) and integrating gives

1
__m ) Ne\2|
£a gt ShTepnEy 3E <kR+ 2):\

2(1 - ) E - (kR + %-"‘)3]} (38)

1

oo

k dk has been

oo

For convenience in usage, the expression for Jr
YA S
R
2
calculated for several values of kR, A, and Ak and the values are

presented in figure 3.
Substituting equation (38) into equation (36) gives the complete

equation for the rolling-moment coefficient due to the twisting moment
of the aileron.
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1

Cyp = k dk - A £ x dk
e ©

(39)

1

Values for ASx%xax for kp = 0, 0.2, and O.4 are presented
k c
R

in figure 4. The root correction factor Ak can be obtained from equa-

tion (29). Figure 5 presents values of AMA/Ak for root locations of

kg = 0, 0.2, and O.k. Then

similarly equation (22) can be written

2,52 1 1
-q 4y AR 4
Cg = Ly B (3 4+ tanPn, 32 Bkdk - AB k dk
8 2V GJ ET/\ [kg © LS

(&0)

oo

Where

k 1
B - f 1 U (§)2k ak| dk (41)
kR 4 k C
)

1
The values for / B £k dk can be obtained from figure 6, those for
kg

R
otje

1
MB/Mkx from figure 7, and those for / k dk, as for the previous
k

o]
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case, from figure 3. Egquation (24) can be written

Wwhere

4 dlkp| dk 43)

—
{>y] W

@JH
—

ot

&

2

.
s,

1 .

The values for f C £k dk can be obtained from figure 8, those for
¥
R

1
AC/Ax  from figure 9, and those for € x dk from figure 3. Equa-
kptlE &
R
tion (26) can be written
2,3 1
Cp-a e P lear [Toeia | Sxax| ()
1 GJ cos?ne kg © kgtSE ©
where
ko 1., 1
D = _._f :de“kP"kf < dk,|dk (15)
LR(Q)” kG I
g
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U o

1
The values for f D £ k dk can be obtained from figure 6, those
kR Cc

1

for AD/Ak from figure 7, and those for g-k dk from figure 3.
x Lk G
R™3
Equation (27) can be rewritten
CIBC 1k0
Cig = I""/ € x ak (46)
2 K, ©

Substituting the expression for c/¢ into equation (46) and writing in
general terms gilves

C1p = -6—?%7 (62 - ) - 20 - N(ke? - 117 (1)

For convenience In usage, the terms which are dependent upon the
wing-control geometry can be grouped together as follows:

Cig 3(k02 - klez -2(1 - )\)(ko3 - ki3)
%BCry ) 6(1 + A)

(48)

Values for equation (48) are presented in figure 10, then

016
07’5 = G'SCLCL G:gclu

Substituting the simplified expressions for equatioms (18), (22), (24),
(26), and (27) into equation (28) gives

- I{F ) N - S
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- EARQ 1
1-9= L IR M (1 + tan®he 9£> a0 ASkak -
1 in 1
a2 | BSxkax - R& s L asl]‘ C§kdk -
av kp ¢ cosBAe kr
b [t *
P c ] 2 GJ)(
B2 D &k akl| - S x ax|{1 + tan?A, 2 M -
vy © fkﬁ%c ( e wr)(2%
pb AR gg 8in Ae( pb
dy = - =2 - = L
1ov ) 2 El _3 s %0 oy (+9)

Equation (49) is particularly suited to the estimation of the change in
control effectiveness due to aercelastic effects upon the free-flight
lateral-control test models flown by the Pilotless Aircraft Research
Division. An example application is made in appendix A. For many
purposes, particularly in preliminary design, equation (49) can be used
without modification. However, if more precise estimates are required,
1t is recommended that equation (28) be used.

APPLICATION AND COMPARISON WITH EXPERIMENT

Selection of Pertinent Parameters

In applying the simplified method to these cases, no attempt was
made to determine the detailed aerodynamic parameters for a given wing-
control configuration. For example, unswept two-dimensional wind-tunnel
values of the control effectiveness parameter ay, the chordwise location

of the center of 1ift due to angle of attack d;, and the chordwise loca-
tion of the center of 1ift due to flap deflection do were used through-
out the calculations. The lift-curve slope CL@ was estimated from

finite aspect-ratio wind-tunnel tests of wings of similar plen form and
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thickness ratio in symmetrical 1ift. The restrictions resulting from
these broad assumptions are obvious. The accuracy of estimation is a
direct function of how well the aserodynamic values resulting from these
assumptions approximate the actual conditions.

Another possible source of error results from the fact that many
of the test wings were bullt up of wood and metal in various combina-
tions and this form of construction has proved to be subject to relatively
large variations in stiffness which are difficult to assess theoretically.
(The only structural values which were obtained entirely from experimental
data were the unswept wings; that is, Cases 1-8.) In addition, the method
of attachment of the wings to the fuselage is not the ideal situation vis-
ualized by Zender and Brooks in reference 1, so that additional uncer-
tainties exist. For example, some of the test wings were so stiff that
comparatively large root deflections were experienced resulting in an
appreciable reduction in root restraint. This movement of the wing root
existed in all the test models. Its relative importance decreased as
the wing stiffness decreased. In order to account for this factor, the
effective root location was determined from experimental data wherever
possible. It was observed that Zender and Brook's approximate root loca-
tion became increasingly accurate as the wing stiffness relative to the
stiffness of the fuselage was decreased.

Comparison of Simplified Method With Experiment

The effect of aeroelasticity upon the lateral control effectiveness
as determined experimentally is compared with that estimated by the
simplified method in figures 11 to 19. All of the data obtained to date
have been included, with the exception of three cases wherein unusually
large constructional errors were measured and for which proper allowance
would have been virtually impossible without more detalled measurements.

The estimated effect of aeroelasticity is obtained as a fraction of
the rigid-wing velue; therefore, in order to obtain the actual value of
the rolling effectiveness it is necessary that rigid-wing values be
obtained. From equation (3)

2V, P

(pb) _ (pb/2v)e

The rigid-wing estimates which are presented were based upon the
test data which, according to the method of estimation, were the least
affected by aeroelasticity in order to obtain rigid-wing values of maxi-
mum accuracy. These estimated rigid-wing values were then used in the
calculation of the flexible-wing values. A major assumption of the method
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of estimation 1s that the changes in rolling effectiveness due to aero-
elasticity are small in comparison with the rigid-wing values. However,
comparigons between the experimental and estimated values are presented
for cases where the changes in pb/2V due to aeroelasticity exceed the
estimated rigid-wing values. It is impossible to draw a line where the
method is applicaeble and where it is not. The conditions would vary
wildely with structural and aerodynamic changes. These comparisons are
presented for their own intrinsic value and are intended as a guide to
the possible use of this method for design purposes.

A1l the data, except those presented in figures 16 and 17, have been
corrected to a common aileron deflection of 5° parallel to the direction
of flight. The data presented in figures 16 and 17 are corrected to
common aileron angles of 50 and 100, respectively, measured normal to
the aileron hinge axis. All the data have been corrected to 0° wing
incidence by the method given in reference 3. No other corrections have
been applied. The data presented are for the altitude of the test, which
varies continuously throughout the speed range. The variation of static
pressure with Mach number can be obtained from the referenced papers if
desired.

The geometrical characteristics of the test wings and the references
from which the data for these wings were teken are given in table I. The
structural and aerodynemic parameters used in the calculations are pre-
sented in tebles IT and ITI, respectively.

Figure 11 presents a comparison of the experimental results with the
calculated values for a group of unswept, untapered wings. It should be
noted that for the majority of the cases the estimated values agree very
well with the measured values, with the exception of cases 2 and 8 for
which the measured effect of aeroelasticity differs apprecisbly from that
esgtimated. In consideration of the excellent agreement between estimate
and experiment in the same speed range for the other cases in this group,
it appears that some unknown model characteristics were responsible for
the discrepancy. For example, cases 5 and 8 were nominally identical.
The wings were constructed of laminated white pine. The nondimensional

torsional stiffness constant for cu/GJ as obtained from measured data
for case 8 was only 4 percent greater than for case 5, yet the measured
change in pb/2V was 67 percent greater for case 8 as compared with
case 5. Because the wings were constructed of wood, the probsbility
that the wings warped after they had been measured is very great. Nor-
mally every effort is made to minimize the time between model measurement
and flight test in order to avoid this and other troubles. However,
experience has shown that the test data from the more flexible built-up
wings wherein the wood was the primary load carrying material are defi-
nitely more subject to these indeterminant deviations.
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Cases 1 and 2, being constructed of solid metal alloy, are not
suspected of any dimensional change after model measurement. Because
only two 3-percent-wing models were flown, it is not possible to draw
any conclusions as to which of the cases 1s the probable aberrant one.

A group of untapered wings swept back 450 ig presented in figure 12,
As .before, the most flexible case (case 13), which was also constructed
of white pine, deviated the farthest from the estimated values. The
remainder of the cases agreed with the estimates within the estimated
experimental accuracy.

An interesting point is illustrated here in that the method of
estimation indicates that for certain combinations of structural and
aerodynamic values, the flexible values are higher than the rigid ones.
This situation results from the fact that for these cases, the loss in
damping moment due to roll is greater than the loss in rolling moment
due to control deflection. If

and
(16, - a6, + ctpg) > s,

(2') > (2'>
f r

It is to be remembered that the reduction of availsble control
rolling moment because of aeroelastic effects seriously affects the time
required to attain a given angle of bank even though the resultant steady-
state value of pb/2V may be higher than the rigid value.

In figure 13, for exasmple, the flexible values are considerably
higher than the estimated rigid values. The magnitude of the relieving
effect of roll on the aeroelastic effects is very well illustrated by
comparison of the experimental results for cases 16 and 17 (fig. 13(b)).
In this particular instance, the wings of case 17 were approximately 1/7

%CONFIDENTIAL‘}
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as stiff as case 16, yet there was no measursble difference between the
two cases up to M= 0.9. At M = 1.0, the relieving effect of roll only
partially overcame the large loss in control rolling moment, the net loss
being approximately one-third of the rigid wing pb/2V.

No attempt was made to estimate the aercelastic effects beyond
M = 1.0 because the very unusual serodynamic behavior of this group of
models in this region indicates that the application of simplified aero-
dynamics would obviously be unrealistic. The determination of the prob-
able aerodynamic loading is beyond the scope of this paper.

The effect of spanwise aileron location upon the aeroelastic behavior
of a given wing is presented in figure 1i. The loss due to aerocelasticity
is greatest when the aileron load is concentrated near the wing tip as in
figure 14(b), and least when the aileron load is concentrated nesr the
root as in figure 14(c). The agreement between the experimental and
calculated values 1s good for the cases presented in figures 14 (a) and
14 (b) and poor for the cases of figure li(c). The poor sgreement in fig-
ure 14(c) may be due to the fact that strip theory underestimates the
effectiveness of the inboard ailerons and overestimates the effect of
roll, thus exaggerating the errors inherent in this method.

Some additional comperisons between the experimental and calculated
effects of aercelasticity for more or less conventional alileron locations
(that 1s, outboard partial-span ailerons) are presented in figures 15
to 18. In general, the agreement is within the estimated experimental
error. A few of the cases are worthy of special mention, among them are
cases 29, 31, and 33, which were constructed in such a manner as to dupli-
cate as closely as possible the structural characteristics of actual air-
craft. The fact that the sgreement of the calculated values with the
experimental is fairly good for these obviously practical cases is
encouraging.

The data presented in figure 18 represent an extreme case as far as
the applicability of this method of estimation is concerned. The effects
of minor varisbles are greatly magnified. For example, the spread between
case 34 (so0lid steel) and case 35 (so0lid aluminum alloy) is apparently
almost entirely due to an unintentional built-in wing twist which created
8 load opposing that due to roll. The wing twist was epproximately linear
and the average for the three wings was approximately 0.4° at the wing
tip measured parallel to the direction of flight. At M = 1.2, the esti-~
mated effect of this twist was to reduce the rolling effectiveness of the
aluminum wing by 40 percent. It should be pointed out that the incidence
correction normally used is a "rigid" wing correction and is an entirely
separate consideration (see ref. 3).

In order to show the probable range of application of the simplified
method, a comparison of the measured changes in rolling effectiveness due
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to aercelasticity with the celculated changes 1s presented in figure 19.
Most of the cases are elther within or very close to the estimated limits
of accuracy. This estimated 1limit of accuracy is an average value obtained
Prom past experience and represents the expected degree of repeatability of
two supposedly identical test models. It should be noted that a high pro-
portion of the cases which do not correlate within the estimated experi-
mental error are cases wherein the measured changes in pb/2V due to
aeroelasticity exceeded an arbitrarily chosen value of 80 percent of the
estimated rigid-wing value. Of the remaining cases in this category,
several were previously mentioned as being of doubitful value because of
probable dimensional uncertainties or unreslistic aerodynamic assumptions.

CONCLUDING REMARKS

In the light of the foregoing discussion, it seems reasonable to
conclude that this method of estimation, which has been developed by
meking use of certain broad assumptions, is capable of providing esti-
mates of the changes in slleron rolling effectiveness for a wlde range
of wing-aileron configurations within the experimental accuracy of the
rocket-model technique for changes up to 80 percent of the estimated
rigid-wing values. The direct application of the results of this inves-
tigation to wing-aileron configurations wherein the aerodynemic and
structural characteristics differ markedly from those assumed should be
avoided. It is recommended that in these cases a closer approximation
to the actual characteristics be used and a particular solution be
obtained.

Langley Aeronsutical Ieboreatory,
National Advisory Committee for Aeronautics,
Langley Field, Va., August 20, 1953.
(Corrected April 21, 195k.)
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APPENDIX A

TYPICAL COQMPUTING PROCEDURE USED IN THE ESTIMATION OF THE EFFECTS

OF AEROELASTICITY UPON THE STEADY-STATE ROLLING EFFECTIVENESS

The change in rolling effectiveness due to aeroelasticity for a
wing wherein the structural parameters closely approximate those for a
wing of homogeneous construction is given in equation (49). There are
two ways in which the equation can be used.

(1) Estimation of rigid-wing values based upon measured flight data.
Flight-test data are substituted into the equation and the effect of aero-
elasticity i1s obtained directly.

(2) Estimation of flexible-wing values based upon rigid-wing values.
It is very importent that accurate values of pb/QV) be used.
. r

In the following example both methods of estimation are demonstrated.
Case 33 is falrly representative of the computing procedures used through-
out this paper. This case is interesting because the construction of the
test wings 1is such that the spanwise variations of GJ and EI of a
full-scale fighter type of alrplane are very closely approximated in the
test wings, and for this reason, the measured effect of aeroelasticity
should be very similar to that encountered by the actual airplane. A
sketch of the wing~control configuration of the example case is presented
as figure 20. TIn order to obtain the desired elastic characteristics, it
was necessary to slot the outboard portion of the chord-plane aluminum-
alloy stiffener and to orient the grain of the wood approximstely 45° with
respect to the 38-percent-chord lihe. Grain orientation permits altera-
tion of the bending stiffness without appreciably affecting the torsional
stiffness (ref. 4). A special test panel was built and tested with the
wood grain at an angle of 45° with respect to the flexural axis. The
results of this test in conjunction with the data from reference 4 are
presented in figure 21. The flexural axes of all the wings tested were
assumed to be at the 45-percent-chord line. The resulting angle between
the grain direction and the assumed flexural axis was approximately 43.8°.
The data from figure 21 show that the wood (spruce) was only 22 percent
ag stiff in bending as it would have been had the grain run parallel to
the flexural axis. The material constants used in the calculations were:

-
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‘O IDENTIAL )

= e Ciyng

For spruce

1.4 x 10° 1b/sq in. X 0.22 = 0.31 X 100 1b/sq in.

=
i

0.09 x 10° 1b/sq in.

(o]
Il

For 24S-T aluminum alloy

10.8 x 10° 1b/sq 1in.

=1
h

= 3.91 x 10% 1b/sq in.

(o]
¥

Modifying equation (12) gives:

Ll o),

where at any glven spanwise station x +the following relationships are
assumed :

GJ(composite section) (GJ)(alum. gtife.) T (GJ)(wood)

EI(composite section) ~ (EI)(alum. stiee.) T (EI)(wood)

For simplification the identifying subscripts can be expressed as

A aluminum stiffener
W wood
Then

I, = cA‘te3

A
12

T ey

c ENTIAL .
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Cp chord of stiffener parallel to model center line, in.

ta thickness of stiffener parallel to model center line, in.

Jp = LIp

Ty ~ Kpetd - I = 0.0577et” - I,

Ty =~ Wy
Ax spanwise distance of effective root from fuselage, in.

In figure 22 is illustrated a comparison of the experimental varia-
tion of /T with exposed spen with the calculated variation for three
different locations of the effective root. The calculated values for
Ax = O overestimste the twist considerably, particularly near the wing
root. The agreement is considersbly improved by the use of the effec-
tive root location from equation (29) (Ax = 2.7). As mentioned previously
the method of attachment of the wings to the fuselage may permit appre-
clable movement of the wing root. Because of this fact, the effective
root location which gave the best agreement with the experimental data
was the one upon which the calculations were based (Ax = 1.9). The
overall agreement is excellent between the experimental data and the
calculated values when based upon the root located at Ax = 1.9.

The foregolng description illustrates the general procedure followed
in a1l of the cases presented. Thlis procedure was necessitated because
of the extreme difficulty involved in the procurement of the desired
structural values experimentally. The veriation of «/T with spen as
presented 1is relatively easy to obtain and serves as an experimental
check upon the validity of the structural assumptions. The values of the
structural constants thus calculated at the midpoint of the exposed span
were used in the estimation of the effects of aeroelasticity.

The test wings of case 3% were not homogeneocus but, with the excep-
tion of the extreme tip region (k > 0.92), the variation of GJ/EI end

cu/GJ from a mean value was less than %10 percent across the span and
suited for use in equation (49).

R
I
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g, B2 - AR GJ e _ b
lEVAB> 2 EICOS3Aea5AC 2y

where at M = 0.8

q = 2T _ 5.80 Lo (from flight data)
RLE in2

Cch,’ ag, dy, d2 are given in teble IIT

AR = 3.4

Ao = 13.8°

Mk = 2940, o.345 (fig. 22)
13,148 in.

CZE
= 0.115 (fig. 10)

a5 CL,
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A= 0.4k

k; = 0.62
ky = 1.0

kg = 0.19
GT _ A
= " 1.30
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c _ .
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0.078 (fig.
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0.0375 (fig. 4)

0.0402 (fig. 6)

0.0140 (fig. 8)

0.013%0 (fig. 6)

k dk = 0.387 (fig. 3)
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AL = Ak ﬁ% = (0.145)(0.102) = 0.01L48
/B = Ak ﬁg = (0.145)(0.161) = 0.0233
AC = Ak ﬁ% = (0.145)(0.078) = 0.0113
AD = pk %E = (0.145)(0.080) = 0.0116

oo
3
=
I

1 1 1
f A ASkdk - £ xax
5 e e

0.0375 - (0.0148)(0.387) = 0.318

1 1 1
J’B k dk B%k&—Aﬂ[ € x ak
A kg © g ©

0.0312

oo

0.0402 - (0.0233)(0.387)

1 1 1
Jf c € xadx l/p cExak - AC k dk
c JAY:<

kR Ry

[e13Te}
1]
ole

0..0096

I

0.0140 - (0.0113)(0.387)

1 1 1
JP D=k dk = D kdk - AD Ak k dk
o R kR¥S

It

oo
olo
oo

= 0.0130 - (0.0116)(0.387) = 0.0085
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37
Substituting into equation (49) gives at M = 0.8, for example
1 -~09 = -(3.80)(102.1)(0.087%) J2.20|-0.00025 - 0.0062k (ggégy)
£
7
4.070.0037h - 0.0085G§9égy§:]7= -33.91{%%.015772 + 0.020867699é235—]
£ £
~ (m1)

Method 1l.- Estimation of effect of aercelesticity based upon flexible-
wing data. TFrom test of case 33

(m»@:

S ) = 0.135 at M = 0.8
£
then

1 -9=0.43 or ¢ =0.561

If it is necessary to estimate the loss in rolling effectiveness

and rigid-wing values are avallable, the procedure advocated is as
follows:

Method 2.- From estimated rigid-wing values based upon case 52
at M= 0.8, (g%> = 0.051 (Sa = 10° normsl to hinge axis); sweep of
r

aileron hinge axis =~ 38.8°; 5, (parallel to model center line) =
10° cos 38.8° = 10° x 0.77 = 7.7°

= 0.00663 radien/deg = 0.379 rad/rad

(pb/2v> _ 0.051
5 /r 1.1
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) NI oy
—te

e

<pbéev>rcp (82)

Substituting for <Pb82V) into equation (Al) gives
£

1 - 9= -33.91 [0.005772 + (0.020867)(0.579)q)] (a3)

Solution of this equation gives @ = 0.636.

The difference between the values for ¢ obtained by the two methods
is well within the estimated experimental error of the data.

.
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APPERDIX B

COMPARISON OF SCME EXPERTMENTALLY DETERMINED STRUCTURAL CONSTANTS

WITH THOSE CALCULATED BY APPROXIMATE METHODS

During the course of this investigation, it was found necessary to
construct several special test panels in order to obtain structural data
for design purposes. These were supplemented with a few additional test
panels primarily designed to indicate the 1limits of applicability of the
approximate formulas used in determining the structural constants ch/GJ
and GJ/EI for use in the aeroelastic calculations. The results of these
tests in conjunction with the calculated values are presented in table IV
in the hope that they may prove useful to other investigators operating
under similer circumstances.

The experimental values were obtained in the following manmner:
EI.- The test panels were simply supported at the ends and a con-

centrated load P applied at the center. EI was obtained from the
relationship

p1)
EI = ——
185
where
P applied load, lbs
1 distance between supports, 28 in.
5 maximm deflection of test panel, in.

The load P was applied on, and the deflection & was measured at
the flexural axis of the beam which was obtained by special tests (approxi-
mately 0.45¢ t 0.10c).

GJ.- The test panels were rigidly clamped at one end and & torque T
was applied at the other end. GJ was obtained from the relatlionship
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where

T applied torque, in-1b

6 angle of twist, radians

A distance between root and point of twist measurement, 28 in.

The calculated values were obtained in a manner similar to that illus-
trated in appendix A. In addition, most of the test panels employed
metal inlays set into the surface of the wood. The stiffening effect
of these inlays in both bending and torsion was determined assuming that
the curved inlays could be considered as flat plates whose distance from
the chord plane was equal to the mean effective distance of the curved
Inlays from the chord plane where
X
Jy 7
A

X

1/3

Mean effective distance =

EL.-
EI(composite) = EI(stiffener) + EI(corestock) + EI(inlays)
where
- _ 01(<5115 - 47 )
(inlays) = 15
where
cq chord of inlay, in.
dl twice mean effective distance of outer surface of inlsy from
chord plane
d2 twice mean effective distance of inner surface of inlay from

chord plane

e
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_ 3 . -
I(corestock) = 0.03TTet I(s’oiffener) I(inlay)

ag.-

&I (composite) = GJ(stiffener) + GJ(corestock) T GJ (1n1ay)

where J (inlays) is computed assuming that the inlays make up two of the

opposing sides of a hollow rectanguler section. (This equation is from
ref. 2 with the symbols altered to conform to those used in the present
paper. )

s 2ty (og - £)2(ay -+, )2

eyt + dgty - 2 - ;2

Where

L _ ]
I T N
| |
£ _,{ < Chord plane__\ : 1 dp
- - - 1T dy ——
| ! Ll
[ 1!
11 'J' |
L
- ; ]

t = t1 = thickness of inlay, inches
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TABLE I.- GEOMETRIC CHARACTERISTICS OF TEST WINGS
Case Agé:’ ATl A ki | ko ca/c NAgéé:iziOil Reference
1,2 0 |3.7/1.00}0.19(1.0 |0.2 654003 5
3-8 0 |3.7/1.00{ .19{1.0 | .2 654009 5
9-13| 45 |3.7(1.00| .19{1.0 | .2 654009 5
14,15) 45 |8.0(1.00| .13|1.0 | .2 6514012 Unreported
16,17 45 {8.0| .50( .13|1.0 | .2 6514012 Unreported
18-20| 45 [k.0} .60| .14|1.0 | .3 654006 a6
21-23| 45 |k.0| .60} .57|1.0 | .3 654006 6
2h,25) 45 |4.0| .60 .1k| .57| .3 65A006 6
26,271 35 [4.0f .60 .14|1.0 | .3 6540006 6
28,29 45 |3.0{ .50| .68|1.0 | .25| 000X-1.16 38/1.1k T
(modified); 9 percent
at root, 7 percent
at tip
30,31y 20 |{5.9( .k7| .70|1.0 | .2 6l4-0XX normal Unreported
to 38 percent c;
11 percent at root,
8.28 percent at tip
32,33 48 |3.4] 44| .62|1.0 ] .2 64-0XX normal Unreported
to 38 percent c;
11 percent at root,
8.28 percent at tip
3h-36| 61 |3.5| .25| .50{1.0 ] .3 64A005 8

8Cage 19 previously not

reported.
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Ly _CONE
TABLE TI.- CONSTRUCTIONRAL CHARACTERISTICS OF TEST WINGS
,rTypical section through wing at mid-span. All
~ Qimengions are in inahea]
Material of Construction Humber of
Case ey /e GJ/EI| n
Inlay Core Stiffener identical models
1 None Steel None | 7.07|—-- 1.43 1
2 Hone Alumimm alloy None T.07 {m=m 1.45 1
3 0.02 steel Spruce None 7.07]0.2 1.04 3
% 10.016 aluminum alloy Spruce None 7.07] -1 .59 1
5 None Fhite pine Hone 7.07(---- .25 1
6 0.0 steel Spruce Hone 7.07) .1 .8 2
T None Beech None T.07|---=~ .25 2
8 None White pine None T.07 {~=mm .25 1
9 0.02 gteel Spruce None T7-071 -1 1.0 2
10 None Beech Fone 7.07{-—- .25 1
1 0.01 steel Spruce None 7.07] .1 .8 1
12 [0.016 aluminum alloy Spruce None 7.07) -1 .59 2
13 None White pine None T.07 |-~ .25 2
b2 None Alumimm alloy None 4,66 ~uum 1.45 1
15 0.010 steel Spruce 0.063 alumimm alloy | 4.66} .1 .85 1
16 None Steel None L.66)-mu- 1.43 1
17 0.010 steel Spruce 0.063 alumimm elloy | 4.66]| .1 .85 1
18 0.040 steel Spruce 0.125 alumimm alloy | 8.99| .1% .98 1
19 Hone Alumimm alloy None 8.99]~=~- 1.45 1
20 None Beech 0.125 alumimm alloy | 8.99}---- Ry 1
21 0.040 steel Spruce 0.125 aluminmm alloy | 8.99] .15 .98 1
22 FRone Alumimm alloy None 8.99[---- 1.45 1
23 None Mahogany 0.125 alumimm alloy | 8.99)---- 46 1
24 0.040 steel Spruce 0.125 alumimm alloy | 8.99] .15 .98 1
25 None Beech 0.125 elumimm alloy | 8.99(---- R 1
26 None lAlumimm alloy None 8.99|---- 145 1
27 None Mahogsany 0.125 alumimm alloy | 8.99|---- 46 1
28 0.080 steel Mahogany  [0.125 alumimm alloy [11.37] a .91 1
29 Fone Mahogany  |0.125 aluminum alloyd [11.37|-—-- .31 1
30 0.040 steel Spruce 0.125 gluminum alloy | 5.85 .1 .97 1
31 Rone Spruce 0.125 aluminum a.ZI_‘l.oyh 5.85|-=~- 1.29 1
32 0.040 steel Spruce 0.125 glumimm alloy | 7.77| -1 1.00 1
33 None Spruce 0.125 elumimm alloy®| 7.77[~-- 1.30 1
3h None Steel Yone 7.69|wmam- 1.h3 1
35 None Alvmimm alloy None T.69)wnew 1.45 1
36 Hone Beech 0.063 alumimm alloy | 7.69|---- .39 1

E"c:l/c and cpfe vary with span - see reference 6 for details.
bChord-plane stiffener slotted - see reference 6 for details.
CChord-plane stiffener slotted - see appendix A for details.
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TABLE III.- ASSUMED AERODYNAMIC CHARACTERISTICS OF TEST WINGS

Molog o |8 a2 | |u oy | |G | [[u oy | |4 |
Cases 1 and 2 Cases 18 to 20 Cases 28 and 29
0.6 13.98 | 0.49 | 0.20 | -0.02 0.6 {omme | cmon | cmme | e 0.6 | cmmm | emme | ;oo | emmem
L1847 47| 20) -.02 .7 {3.41 |0.60 {0.20 | 0.02 JT13.41 [0.63(0.20| O
B s67| 43] 20| .02 .813.58| .56 | .20 .02 .8|3.58| .57| .20 0
.9|k.80f .31} .10| -.18 .9 (3.8 ] 43| .10 -.14 9138 | .53| .10 -.16
1.0 k0| .22 |0 -.%o 1.0 |3.4% | .26 |0 -.35 1.0 (3.8 | 2710 -.38
1.213.58| .16 |0 . 1o} 1.2 |2.87| .24 |o -.35 1.212.87| .24 |0 -.38
1.% |3.07] .16 |0 -k 1.k |2.75 ] .24 {o -.35 1.k j2.75 ) .24 |0 -.38
1.6 |2.65| .26 10 -0l [1.612.66] .24 |0 -3 (1.6]2.66| .24+]0 -.38
Cases 3 to 8 Cases 21 to 23 Cases 30 and 31
0.6 |3.75|0.41 |0.20 | -0.02 0.6 | mmme | mmee | mome | o= 0.6 |3.35 |0.33 | 0.20 | -0.02
LT{k.27] 38| .20f -.02 .7 |3.41 Jo.60)0.20 | 0.02 T13.631 .33 20| -.2
8lk¥.50] 32| .20} -.02 813581 . .20 .02 .8]3.91] .32 .20 -.02
.913.96| .27| .10} -.18 913.8}1 43| 10| -.1% .9|%.28| .28} .10]| -.18
1.0 {4.22| .a7|0 -.Ao 1.0 |3.4% | .26 |0 -.35 1.0|3.m | .17}f0 =40
1.2|3.48] .16 |0 -.ko 1.2 |2.87{ .2k |0 =351 [1.2]2.97| .13} 0 -.ko
1.4 |3.00] 260 -.4o L4 j2.75| .2+ |0 -.35 1k |2.3 13| 0 -.ko
1.612.64] .16]0 -0 1.6 |2.66 | .24 |0 -.35 1.6]2.65] .13]0 -.ko
Cases 9 to 13 Cases 24 and 25 Cases 32 and 33
0.6 | mmmm | mmmm | oo | o 0.6 | mmem | momm | o | mmmm 0.6 mmmm famen | mmmm | omaee
LT13.40] 046 | 0.20 ] -0.02 .7 |3.41]0.60{0.20{ 0.02 .71 3.0k {0.43| 0.20 |-0.02
.813.60) .44 20| -.02 .813.58] .56| .20 .02 .8]3.171 .39] .20]| -.02
.9]3.80| .3} .10| -.18 913.8 ] 43| .10| -.1k .9|3.25} .30 .10 -.18
1.0{3.40| .27]|0 -bol [1.0]|3.M| .26|0 -.351 |1.0]3.00| .20| 0 -.ko
1.2|2.90| .16{0 -4o| |2.2]2.87| .24 |0 -.351 |12]2.59] .15] 0 -.ko
1.4 2.72] .16(0 -.3o| [1.k|2.75| .24 |0 =35 | 14| 2.46 15 0 -0
1.6|2.68| .16]0 -0 1.6 |2.66| .24 |0 -.35 1.6 2.146 15 0 -ko
Cases 1l and 15 Cages 26 and 27 Cases 3 to 36
0.6 | 3.55| 0.37 ] 0.20 | -0.02 0.6 13,78 | com= | e | == 0.6 mmeee | mmme | womem | o
T13.701 331 .20 -.02 .T13.96|0.60]0.20| 0.02 7| 2.9 |o.60] 0.20 | 0.02
8(3.85] .32| .20 -.02 8ihk.22| 56| .20 .02 .8]3.135| .56 .20 02
9390} .28{ .10| -.18 9lk.571 43| .10} -.14 9] 3.5 | 43| 0] -1k
1.0{3.50] .17|0 -0 1.0 |%.10| .26]0 -.35 1.0| 3.28| .26 0 ~.35
1.2]2.75| 160 -bo| [1.2]3.19] .24 |0 -3 |1.2)la.17] .22] 0 ~.35
1.4 [2.16] .16]0 -0 1.4 (2.8 .24 |0 -.35 L.hl2.30| .22]0 -.35
1.6 mmmm | mmme | e | e 1.6 |e.70] .2+ }0 -.35 1.6|2.34 | .22]0 -.35
Cases 16 end 17
0.6 | 3.5310.37(0.20 | -0.02
13701 33 .20) -.02
.813.85| .32 .20f -.02
.9(3.90| .28]| .10] -.18
1.0 3.50] .17]0 -0
1.2|2.75] .16|0 ~-.ho
1.16+ 2.16{ .16|0 -.40
L6 | —om | = | = | memm
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TABLE IV
STRUCTURAL CONSTANTS FOR A VARIETY OF TYPES OF WING CONSTRUCTION

est pane/ Airfoil seciion Experimenial calculated

=020 stee/ /ofy (Tx /102167 x 107 6JET \eTxe107)67% 107 G/
/ ¢>J 65,4012 (B339 | 882 | /.05 | 919 | 885 | 096
704 4.95 i

020 Steel nlay
z < — 654009 425 | 488 | 1L/5 | 456 | 477 | [o4

o —y-y-saa—_—

=030 Steel inlay
7 o — 654009 709 &/0 115 | 854 | 003 | 1/E

P N ——r-s—
006 slee/ mnfay
4 ¢> 654009 207 | 176 B85 227 | 177 | .76

P P——yy-—

020 stec/ infay
< B— 654009 J76 | 4 b6 | 402 | 586 .96
b

020 stee! /n/ey
6 <:> 654009 222| 90 | 39| 250 | /65| .65
[y sy

7 T | 654009 w0z | 39| |22 | 23| 27

25 alum. stiffener.
/ /—.aeo:/ee/ nlay ]

é G [27 = 654009 427 | 496 117 | 46/ 483 | 105
y A DI mmap 777 cmtm——
e 250—

L77-

125 alum. Slifferner
=020 stee/ Infay
9 oo == e 657009 474 | 557 | L27 | 466 | 49/ 105

ko 795 i
Fazo sree/ inlay

< ——

P Sy y J—
020 steel milay

/" | .09s/ab 639 | 625 98 | 5856 640 | 109
O ———— 4.95 ——]

Weod grain 45° to L.E.
R 654009 22| w 167 | — | — | —

Note: Core /s mahogany ; ¢ = 7.07/ inches ; all dimensions are in 1ehes.

/0 654006 /56 | 190 122 | /166 | /89 | /./4
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Figure 1.- The configuration considered in the structural analysis, showing
planes of action of applied moments. :
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Figure 2.- The configuration considered in the aerocelastic analysis.
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Figure 4.- Nondimensional rolling moments resulting from the deformations
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Figure 5.- Root correction factor for nondimensional angle of twist, A.
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Figure 8.- Nondimensional rolling moments resulting from the
deformations caused by the aileron loads on the elastic axis.
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(a) NACA 65A003 airfoil section.

Figure 11.- Effect of decreasing wing stiffness on the variation of rolling
effectiveness with Mach number. AR = 3.7; A = 0% A = 1.0; 84 = 5°;

ki = 0.19; kO = 1.0.
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(b) NACA 65A009 airfoil section.

Figure 11.- Continued.
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Figure 11.- Concluded.




60 " comFIpmRTIAL 3 NACA RM L53HLY

( < ler
Experiment Calutated GJ oy, \ET )4y,

O 0
————— Reterence  0.0067  LO4
—_— o 0377 25
08 case

” N .
pb f/\\?\\\\ =
1% e 7

\\~
0 1
[ :
04 I
6 8 /.0 V¥ [ 16

A7

Figure 12.- Effect of decreasing wing stiffness on the variation of rolling
effectiveness with Mach number. AR = 3.7; A = 450; A = 1.0; Bg = 50;

NACA 65A009 airfoil section; ki = 0.19; ky = 1.0.
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Figure 13.- Effect of decreasing wing stiffness on the variation of rolling
effectiveness with Mach mumber. AR = 8.0; A = 45°; NACA 657A012 airfoil

section; 85 = 59; ki = 0.13; ko = 1.0.
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Figure 13.- Concluded.
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Figure 1k.- Effect of decreasing wing stiffness on the variation of rolling
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(b) ki = 0.57; ko = 1.0.

Figure 14.- Continued.
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() k4 = 0.14; ko = 0.57.

Figure 1k4.- Concluded.
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Figure 15.- Effect of decreasing wing stiffness on the variation of rolling
effectiveness with Mach number. AR = 4.0; A, /i = 35°; NACA 65A006 airfoil

C
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Figure 16.- Effect of decreasing wing stiffness on the variation of rolling
effectiveness with Mach number. AR = 3.0; Acfy = 459; 8g = 5° (normal

to hinge 1line) ki = 0.678; ko = 1.0; i_a = 0.25; NACA airfoil sections
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(a) AR = 5.9; Ao fy = 20°; A = 0.47; k3 = 0.70; ko = 1.0.

Figure 17.- Effect of decreasing wing stiffness on the variation of
rolling effectiveness with Mach number. &g = 10° (normal to hinge

c
line); T:E =~ 0.2; NACA airfoil sections normal to 38-percent chord line
(64-011 at root, 64-08.28 at tip).
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(b) AR = 3.4; Aoy = 47.5° A = 0.hk; ki = 0.62; kg = 1.0.

Figure 17.- Concluded.
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Figure 18.- Effect of decreasing wing stiffness on the variation of
rolling effectiveness with Mach number. AR = 3.5; A = 0.25;

Ae/y = 61°; NACA 6XAQ05 airfoil section; By = 5% i_& = 0.3;
ki = 0.5; ko = 1.0.
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Figure 19.- Continued.
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Figure 19.- Continued.
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due to aeroelasticity 2 80 percent.)

Figure 19.- Continued.
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(e) M =1.2. (Flagged symbols indicate that measured change in pb/2V
due to aeroelasticity > 80 percent.)

Figure 19.- Continued.
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(f) M =1.%. (Flagged symbols indicate that measured change in pb/2V
due to aeroelasticity >80 percent.)

Figure 19.- Continued.
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(g) M =1.6. (Flagged symbols indicate that measured change in pb/2V
due to aeroelasticity = 80 percent.)

Figure 19.- Concluded.
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Figure 20.- Description of example wings (case 3%), Airfoill section is
NACA 64-011 at the root, 64-08.28 at the tip normal to the 38-percent
chord line. (All dimensions ere in inches. )
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(b) Details of chord-plane stiffener.

Jpruce
/g alum. alloy stiffener
T ZT7Ia 7 ﬂm NACA

(c) Typicel section (grain of wood approximately normal to model center
line) - not to scale.

Figure 20.- Concluded.
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Figure 21.- Effect of grain orientation upon Young's modulus of elasticity
for wood.
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Figure 22.- Comparison of measured and calculated spanwise variation
of wing twist.
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